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Flight Research Center 

SUMMARY 


Wind-tunnel data were obtained on the local flow field beneath the fuselage of a 
model of the X-15 airplane approximately 5 to 8 fuselage diameters aft of the model 
nose from the model surface to the bow shock. Multiple -tube rakes, model surface 
pressure orifices , and a cone probe were used to survey the flow field. The cone probe 
was used to obtain Mach numbers in the flow field up to a free -stream Mach number 
of 6 and to obtain flow angularity up to a Mach number of 8. Test results were obtained 
at free -stream Mach numbers from 4 to 8 and angles of attack from -3° to 20° and were 
compared with theory and flight data. 

Results indicate that Mach number, impact pressure, and flow -angularity gradients 
exist between the vehicle’s surface and the bow shock. These gradients generally be- 
come larger with both increased angle of attack and Mach number. Good agreement 
with theoretical results at zero angle of attack was obtained. 

Mass flow through a proposed hypersonic ramjet engine inlet positioned beneath the 
X-15 was determined by using both a two-dimensional oblique -shock -wave assumption 
and wind-tunnel results. The two-dimensional oblique-shock assumption predicted a 
larger inlet mass flow than was obtained from the wind-tunnel data. The local -flow- 
field gradients across the assumed inlet are discussed. 


INTRODUCTION 


The successful development of future hypersonic vehicles (see refs. 1 to 3) in which 
air-breathing propulsion systems will be used will, in part, depend on an understanding 
of three-dimensional vehicle flow fields and an ability to predict these flow fields. To 
attain the necessary high propuls ion -system efficiencies and to properly integrate the 
airframe and propulsion system on these vehicles, flow -field information will be 
required (refs. 4 to 6). At present, very little three-dimensional flow -field information 
is available on bodies that may be representative of present or future vehicles. 

This lack of flow -field information was brought to light on a research program 
involving the X-15 airplane in which a ramjet engine will be flight tested at Mach 
numbers from 4 to 8 (ref. 7). The ramjet will be mounted on the modified lower ventral 
fin of the airplane and, thus, will be affected by the flow field of the airplane. Knowl- 
edge of this flow field will assist in the design of the inlet and other portions of the 



ramjet and will help in interpreting flight data from this experiment. Since the re- 
quired X-15 flow-field information was not available, a series of wind-tunnel tests was 
conducted at the Arnold Engineering Development Center (AEDC) and the NASA Langley 
Research Center (LRC) to obtain the local -flow-field Mach numbers, flow angles, and 
impact pressures in the region ahead of the X-15 ventral fin at zero angle of sideslip. 

In addition, schlieren photographs were obtained from tests at the NASA Jet Propulsion 
Laboratory (JPL) and the Langley Research Center. 

This paper presents some of the results of these studies not previously reported 
in references 8 and 9 and extends the analysis to parameters that may be useful in the 
X-15 ramjet program. The wind-tunnel data are compared with theoretical results and 
X-15 flight data. 


SYMBOLS 


The units used for the physical quantities in this paper are given in U. S. Custom- 
ary Units and parenthetically in the International System of Units (SI). Factors re- 
lating the two systems are presented in reference 10. 


A 


area, feet^ (meters 2) 


D 

M 

m 

N Re 


maximum fuselage diameter of one -fifteenth -sc ale model, 
3. 73 inches (9. 48 centimeters) 

free -stre am Mach number 

mass flow, pounds/second (kilograms/second) 

Reynolds number 


P 


P a’ P b’ P c’ P d 


Pc 

p i 


static pressure, pounds per square inch absolute (meganewtons per 
meter^) 

cone static pressure at orifices a, b, c, and d, respectively (see 
fig. 5) 

Pa + Pb + Pc + Pd 


average cone static pressure, 

"X. 

inch absolute (meganewtons per meter^) 


, pounds per square 


total pressure behind the normal shock, pounds per square inch 
absolute (meganewtons per meter^) 


Pt 


total pressure, pounds per square inch absolute (meganewtons per 
meter^) 


Ap e = 


Pa “Pc 


pounds per square inch absolute (meganewtons per meter^) 
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Ap a = 


Pb ~ P d 


pounds per square inch absolute (meganewtons per meter 2 ) 


x 

y 

z 

a 

P 

e 

e 


longitudinal distance (station) from model nose, inches (centimeters) 

lateral distance from plane of symmetry, inches (centimeters) 

normal (perpendicular to centerline) distance from fuselage lower 
surface (see fig. 2(b)), inches (centimeters) 

angle of attack, degrees 

angle of sideslip, degrees 

shock -wave angle, degrees 

angle of upwash with respect to horizontal plane of model, degrees 
(see fig. 13) 


cr 


angle of sidewash with respect to vertical plane of model, degrees 
(see fig. 13) 


Subscripts: 


1 

2 , 3 , 4, 5 

l 

oo 


rake probe on centerline 

first to fourth rake probes off centerline 

local 

free stream 


MODELS 


Flow -field pressure surveys at the Arnold Engineering Development Center and 
the Langley Research Center were conducted about a one-fifteenth-scale X-15 heat- 
transfer and pressure model. This model is 39. 28 inches (99. 79 centimeters) long and 
has flush surface orifices which are connected to pressure sensors. All fuselage sur- 
face pressure data were obtained with this model. Figure 1 shows the locations of the 
static -pressure orifices used. References 11 and 12 give additional information on 
the model. 

Schlieren photographic data were obtained with a one -fifteenth -sc ale X-15 force 
model (refs. 13 and 14) and several one -fiftieth-scale X-15 models (refs. 15 to 17). 

The models differed in full-scale airplane length by 29 inches (73. 66 centimeters). 

The schlieren data were adjusted to correct for this difference. 
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WIND TUNNELS 


The following table summarizes important characteristics of the wind-tunnel 
facilities used to obtain flow-field pressure surveys in this study. More detailed in- 
formation on the tunnels is presented in reference 18 (AEDC) and reference 19 (LRC). 



>* / 

von Karman Gas Dynamics Facility 

Langley 4- by 
4-foot Unitary 
Plan tunnel, 
test section 2 

Tunnel A 

Tunnel B 

Type 

Continuous flow, 
closed circuit, 
variable density 

Continuous flow, 
closed circuit, 
variable density 

Continuous flow, 
asymmetric 
sliding block 

Test-section 

shape 

Square 

Circular 

Square 

Test -sect ion 
dimensions 

40 in. (101. 7 cm) 

50 in. diameter 
(127 cm) 

4 ft (122 cm) 

Mach number 
range 

1 0 5 to 6. 0 

8 

2.29 to 4. 65 


Schlieren photographic data were obtained from the 20-inch (50. 8 centimeters) 
supersonic tunnel and the 21-inch (53. 3 centimeters) hypersonic tunnel at the Jet Pro- 
pulsion Laboratory. The construction and operating conditions of these tunnels are 
described in reference 20. Schlieren photos were also obtained from the LRC tests; 
reference 21 describes the system used. 


TESTS 


Pressure surveys at several longitudinal locations on the models were made at 
AEDC (M = 4, 6, and 8) and at LRC (M = 4. 65). The average tunnel test conditions 
were as follows: 


M 

Stagnation 
pressure, 
psia (MN/m 2 ) 

Stagnation 
temperature, 
°R (°K) 

Nj^e P er f°°t (meter) 

Impact pres- 
sure (free 
stream), 
psia (MN/m 2 ) 

Static pressure 
(free stream) 
psia (MN/m 2 ) 

4 

4.65 

6 

8 

40.4 (0.279) 
54 (.372) 
140 (. 965) 
800 (5. 52) 

560 (311) 
760 (422) 
710 (394) 
1350 (750) 

3.50 x 10 6 (1. 15 x 10 7 ) 
3.40 (1.12) 

3.46 (1.14) 

3.40 (1. 12) 

5.60 (0. 0386) 
4.39 (. 0303) 
4. 15 (.0286) 
6.79 (.0469) 

0.266 (0.0018) 
.155 (.0011) 
.089 (.0006) 
.082 (.0006) 


Static pressures were measured along the bottom centerline of the model (loca- 
tions shown in fig. 1). In addition, the probes illustrated in figure 2(a) were used to 
survey the flow field beneath the model (fig. 2(b)). The two-probe rake was used in the 
LRC tests and the other probes in the AEDC tests. The probes could be moved forward 
and rearward and upward and downward and could also be pitched to maintain the same 
angle of attack as the model. The surveys were extended past the bow shock, when 
possible, to measure the free-stream impact pressure. Figure 3 shows atypical 
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model installation in the AEDC von Karman Gas Dynamics Facility Tunnel A. The 
following table shows the relative positions at which the probe measurements were 
made. The tests were at zero angle of sideslip. 





x/D 

M 

Probe 

y/D 



a. 

deg 






-3 

0 

5 

10 

14.5 

20 




■ 

5.36 

5.36 

5. 36 

5. 36 



Five -probe rake 

1 

9 

6.43 

6,43 

6.43 

6.43 






*7 nr? 

7.77 


7,77 




mmmm 

■HU 


i . ( l 




0 

5.36 

5.36 

5.36 

— 

— - 



Cone 

0 

6.43 

6.43 

6.43 

6.43 


B ■ 1 


0 

7.37 

7.37 

7.37 

7.37* 





0. 536 

7.37 

7.37 

7.37 

7.37 

— 

j^lgjB 



■mbs 

— , — ; 

6.16 

6. 16 

6.16 


6.16 




— 

7.77 

7.77 

7.77 


7.77 

4.65 

Two -probe rake 

i n 

— — — 




:::: 

6.16 

7.77 




— 




— 

— 



.804 





— 

— 




1 

5.36 
6.43 

7.37 

5.36 

5.36 
6. 43 

6.43 

BSj 


Five -probe rake 

1 

BM 

7.37 

NM 





7.77 

7.77 

7.77 

7.77 

| 

6 


0 

— 

5.36 

5.36 

5.36 

5.36 

- 


0 

6.43 

6.43 

6.43 

6.43 

6.43 

— 



0 

7.37 

7.37 

7.37 

7.37 

7.37 



Cone 

0.268 

— 

6.43 

6.43 

6. 43 

6.43 




.268 

— 

7.37 

7.37 

7.37 

7.37 

— 



0.536 


6. 43 

6.43 

6. 43 

; 




.536 

7.37 

7.37 

7,37 

7. 37 

7.37 

— 



gHg 

6. 16 

6. 16 

6.16 

6.16 

■MB 

6.16 


Four -probe rake 

1 

6.96 

6.96 

6.96 

6.96 


6.96 



m 

7.77 

7.77 

7. 77 

7.77 


7.77 

8 


0 


6. 16 

6.16 

6.16 

— 

6.16 


0 

— 

6.96 

6.96 

6.96 


6. 96 



0 

7.37 

7.37 

7.37 

— 



7.37 


Cone 

0.268 

5.36 

5,36 

5.36 

— 

- 





.268 


6.16 

6. 16 



— 



.268 

6.96 

6.96 

6. 96 

— 





.268 

— 

7,37 

7.37 

— 

— 

— 


*a = 10. 5° 


Schlieren photographs were obtained from tests in the LRC tunnel at M = 3, 4, 
and 4. 65 and in the tunnels at JPL at M ■= 6. 6 and 8. For the LRC tests (one- 
fifteenth -sc ale model), angles of attack were from -4° to 20° and Reynolds number was 

2. 0 x 10® per foot (6. 56 x 10® per meter). Details on the JPL tests with the one- 
fiftieth -sc ale model are presented in references 22 and 23. Angle of sideslip was zero 
for the schlieren tests. 
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DATA REDUCTION 


Shock Structure 

Figures 4(a) to 4(d) show typical schlieren photographs obtained in the JPL facili- 
ties. The schlieren analysis was limited to five shock waves, which appear in the 
lower aft region of the X-15 airplane. These were the bow, side fairing, wing leading 
edge, wing trailing edge, and landing -skid shock waves. The model schlieren shock- 
wave data were adjusted to correspond to the basic X-15 airplane coordinates as dis- 
cussed in the Models section (page 3). This adjustment affected the wing leading edge, 
wing trailing edge, and landing -skid shock waves. The basic X-15 airplane shock- 
wave coordinates were then plotted and lines were faired through the data points. 


Impact Pressure 

The impact pressures were normalized with respect to calculated wind-tunnel free- 
stream impact pressure. The free-stream impact pressure could not be measured at 
low Mach numbers and angles of attack because of traverse limitations of the probes. 


Flow Angles 

The flow angles were obtained by taking pressure differences between opposite 
orifices on the 40° included-angle cone and using the cone calibration data obtained at 
AEDC (fig. 5). A detailed description of this technique is given in reference 24. 


Mach Number and Total-Pressure Recovery 

Local Mach numbers were determined by three different methods: 

1. Pressure measurements from the 40° included-angle cone probe were used 
along with the curve (theory, ref. 25) presented in figure 6 to obtain the local Mach 
numbers for free-stream Mach numbers up to 6. 

2. Schlieren photographs, for which the free-stream Mach numbers were known, 
were used to obtain the local bow shock-wave angles. The local Mach numbers im- 
mediately behind the bow shock were determined by using reference 26. 

3. By assuming the measured model surface static pressure to be constant through 
the boundary layer and slightly past it, and knowing the local impact pressures, local 
Mach numbers were determined using the Rayleigh pitot equation (ref. 27). 

From the three local Mach numbers discussed above and from the theoretical local 
Mach number results (ref. 28), total -pres sure recoveries were calculated as follows: 
For each local Mach number source except the schlieren bow shock, the free-stream 
Mach number M, the local Mach number M ? , and the ratio of local impact to free- 
PiZ 1 

stream pressure were obtained. From M and M, the ratio of impact to total 

Pioc 
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Pioo PiZ 

pressure - — and — was determined (ref. 

Ptoo PtZ 

calculated by using the relationship 


27). 


Total pressure recovery was then 


Ptl PiZ Pj°o = PtZ 
PiZ Pioo Ptoo Ptoo 


The total -pressure recovery for the schlieren bow-shock results was obtained 
directly from reference 26, since the free-stream Mach number and the bow-shock- 
wave angle were known. 


ACCURACY 


The absolute levels of accuracy of the schlieren shock-system coordinates, pres- 
sures, flow angle, and Mach numbers are difficult to establish because of the combined 
effects of the many possible error sources. The shock -system coordinates are re- 
peatable within ±1. 0°. This accuracy is based on an analysis of data from many differ- 
ent photographs. 

Pressures were measured with the standard pressure systems of the AEDC and 
LRC tunnels, which are described in references 18 and 21. The AEDC Tunnel A and 

B pressure data are accurate to ±0. 015 psi (±1. 03 x 10 ~ 4 MN/m 2 ) and ±0. 006 psi 

(±4. 13 x 10 -5 MN/m 2 ), respectively (refs. 9 and 18). The LRC pressures are accurate 
within 1 percent of the full-scale range used or less than 2 percent for individual meas- 
urements (ref. 21). When the data were available, the measured free-stream impact 
pressure was compared to the calculated free-stream impact pressure. This com- 
parison showed a 2-percent to 5-percent discrepancy as M increased from 4 to 8, 
respectively. 

The error in determining flow angles (fig. 5) is estimated to be ±0. 5°. The rela- 
tive scale of cone probe to model diameter was large (0. 134). Flow angles measured 
near the model surface and bow shock were affected by the presence of the probe; 
therefore, data close to the model surface and the bow shock are not presented. Probe 
alinement relative to the wind-tunnel centerline is considered to be accurate within 
±0. 5° (ref. 9). At a Mach number of 4, a cone-probe misalinement of about 1° between 
the model and probe centerlines in the vertical plane e is believed to have existed. 

(The data have not been corrected for this possible misalinement. ) The calibration 
curve in figure 5 is valid for all local flow angles (e or a) from 0° to ±5°. 

Inasmuch as the basic Mach number calibration curve (fig. 6) becomes insensitive 
with increasing Mach number, local Mach numbers at M = 8 are not presented. The 
following table shows the estimated pressure -ratio error and the resultant local Mach 
number error: 


7 



M 

Estimated error in 

, percent 
PiZ 

Resultant error in - 

M ^ percent 

Variation of M ^ 

4 

±1. 3 

±2.3 

±0.09 

6 

±1.9 

±6.4 

±. 38 

8 

±2.4 

±12.3 

±. 98 


Although the cone -determined local Mach numbers may be in error, because of the 
calibration, their trends in the flow field agree favorably with local Mach numbers 
determined from the other data sources. 

As a further check on the M^ results, the total -pressure recoveries were cal- 
culated and compared. A 1-percent error in Mach number causes a 3. 4-percent to 
5. 5 -percent variation in total -pressure recovery over the Mach number range of 4 to 8 
covered by these tests. Variation of impact -pressure ratio by 1 percent causes an 
approximate 1-percent error in total-pressure recovery. 


RESULTS AND DISCUSSION 


Tables 

Results of an analysis of schlieren photographs and a survey of rake and cone 
pressures are presented in tables I to IV: 

Table I - Coordinates for Shock System From Schlieren Photographs 

Table II - AEDC Rake Survey Results 

Table III - LRC Rake Survey Results 

Table IV - AEDC Cone Survey Results 

Height corrections were necessary in table II for the data from the AEDC five- 
probe rake (used only at M = 4 and 6) because the fourth and fifth probes (see fig. 2(a)) 

/ Pi4 

are at a different height than the first three probes. The correct z/D for and 

Pi5 100 

— is shown in table II. For the LRC probes, which are in the same vertical plane, 

Pioo 

lateral -plane surveys were made at y/D = 0, y/D = 0. 410, and y/D = 0. 804 and are 

Pil P i2 Pi3 

identified as — , — , and , respectively. These values are tabulated in table HI. 
Pioo Pioo Pioo 

Shock Structure 

Figure 7 shows the X-15 shock system as determined from schlieren photographs 
at M = 4. 65. The bow, side fairing, wing leading edge, wing trailing edge, and the 


8 




landing -skid shock waves are shown. As expected, all the shock lines tend to become 
straight at large distances from the origin of the point of disturbance on the model. At 
low angles of attack, these shock lines are parallel; at high angles of attack they tend 
to converge. The bow shock-wave angle is larger than the Mach line angle, as 
expected, which indicates that the bow shock has not yet reached its final state. This 
trend was observed for all the Mach numbers and angles of attack covered. 

Additional schlieren data at M = 3, 4, 4, 65, 6.6, and 8 at angles of attack of 0° 
and 10° are presented in table I. 


Model Surface Static Pressures 

Model surface static pressures along the fuselage bottom centerline are presented 
in figures 8(a) to 8(d). Also shown are flight data from reference 29 and theoretical 
results from reference 28. The theoretical calculations are based on a combination of 
two methods: the linearized characteristics theory and the tangent -body method for 
axisymmetric bodies. The X-15 shape was approximated by a blunt nose followed by 
an ogive cylinder. Only the plane -of-symmetry flow was studied. 

Angle of attack and Mach number effects on the model surface static -pressure 
ratios are also shown in figure 8. The theoretical and the experimental results agree 
and suggest that a constant static -pressure ratio exists from x/D = 3. 5 to about 6 for 
small angles of attack over the free -stream Mach number range covered. Surface 
static -pressure ratio for x/D > 3. 5 decreases only slightly with Mach number at zero 
angle of attack and has a value slightly less than unity (p^ slightly smaller than p^). 

Increasing angle of attack at any Mach number and x/D value caused the surface static- 
pressure ratio to increase, as expected. 

Flight and wind-tunnel data agree at a Mach number of 4 (fig. 8(a)); however, at 
M = 6 (fig. 8(c)) the flight data show considerably higher pressures than the wind-tunnel 
results for x/D < 2. 0. 


Impact Pressures 

Typical wind-tunnel impact pressures from tables II and III are presented in fig- 
ures 9(a) to 9(d) and 10(a) to 10(d) for Mach numbers of 4, 4. 65, 6, and 8 at angles of 
attack of 0° and 10°. Theoretical data (ref. 28) are also shown in figure 10. The wind- 
tunnel data are presented at the plane of symmetry and at a lateral plane at each Mach 
number. 

At zero angle of attack in figure 9 (x/D *= 6. 16 and 6. 43) the intermediate stations 
show slightly more variation in imp act -pres sure ratio than does the downstream 
station in figure 10 (x/D = 7.77) for z/D from 0.2 to 1.0, Impact -pressure ratio in- 
creases as the bow shock is approached and decreases abruptly to unity after passing 
through the bow shock. Data obtained from the lateral -plane surveys generally show 
higher values of impact -pressure ratio than those obtained in the plane of symmetry. 
Bow -shock curvature is also evident. Theory provides reasonable predictions of the 
slope and magnitude of impact-pressure ratio (figs. 10(a), (c), and (d)). 
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In figures 9 and 10 at an angle of attack of 10° , the wind-tunnel data show generally 
the same trends with increasing Mach number as do the zero angle -of-attack data. The 
level of impact -pres sure ratio increased substantially at M = 6 and 8. Differences in 
impact -pressure ratio between the upstream and downstream stations are evident at 
M - 6 and 8. Comparison of the data for the lateral-plane surveys and the plane of 
symmetry generally shows the same trends as for zero angle of attack. 

The quasi -steady -state flight data shown in figure 11 cover Mach numbers from 
about 4 to 6. 3 and were obtained from two X-15 flights. Impact -pressure ratio is 
plotted against Mach number for several angles of attack and is seen to be a strong 
function of both variables. The wind-tunnel data have been interpolated and extrapolated 
for z/D = 0. 411 and x/D = 8. 20. Flight and wind-tunnel data agree. 

Figure 12 compares bow-shock locations as determined from schlieren, rake, and 
theoretical (ref. 28) data. These data are for the plane of symmetry. Reference 28 
data at M = 4 and 6 were cross -plotted to obtain the theoretical M = 4. 65 result 
shown. Good agreement between the various data sources was obtained. The bow 
shock is linear as x/D increases beyond about 6 for all Mach numbers and angles of 
attack considered. 

For each of the flow parameters, the gradient across a proposed hypersonic ram- 
jet engine inlet which is 18 inches (45. 72 centimeters) in diameter and has its center- 
line located approximately at x/D = 7. 77, y/D = 0, and z/D = 0.4 can be determined 
from the tables and figures. The impact -pressure -ratio gradient across this inlet 
varies from 0. 05 at M = 4 and a = 0° to 0. 18 at M = 8 and a = 10°. 


Flow Angles 

Two flow angles, upwash e and sidewash cr, were measured with the cone probe; 
both angles were measured with respect to the model centerline. Positive values of e 
and a indicate flow toward the model. The flow -angularity results from the AEDC 
tests at zero sideslip are presented in table IV. The values of upwash and sidewash at 
Mach numbers of 4, 6, and 8 and a = 0° and 10° are also shown in figures 13(a) to 
13(c). The upwash angle shows evidence of outflow as the bow shock is approached at 
zero angle of attack in the plane of symmetry. This effect becomes more pronounced 
as Mach number is increased from 4 to 8. The aft stations show less trend toward 
outflow (-e) than the forward stations at any Mach number. 

At M = 4 in figure 13(a) both the magnitudes and trends of the upwash data in the 
lateral and symmetry planes agree for a = 0°. At M = 6 (fig. 13(b)) the magnitudes 
disagree slightly, although the trend is the same for these data. At M = 8 (fig. 13(c)) 
both the magnitude and trend of the symmetry -plane data disagree with the lateral- 
plane data, the latter tending toward an inflow (+e) as the bow shock is approached. 
Theory (ref. 28) agrees with the experimental results in both level and trend. 

At a = 10° in figure 13 there appears to be inflow instead of outflow as the bow 
shock is approached. This inflow tends to increase as the bow shock is approached. 
The amount of inflow tends to increase with increasing aft station. Off -centerline 
upwash data generally give larger inflow values than plane -of -symmetry data at 
a = 10° for the Mach numbers covered. 
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On the centerline, a negligible sidewash angle was expected at M = 6 and 8 but 
not at M = 4 because of the possible cone misalinement mentioned earlier. Fig- 
ure 13(a) indicates that this 1° misalinement existed, and figures 13(b) and 13(c) show 
a negligible sidewash at M = 6 and 8. Off the centerline, there is also a negligible 
sidewash angle at a - 0° for all stations and Mach numbers covered. However, when 
ol = 10°, a pronounced negative sidewash angle is noted at the Mach numbers covered. 

Table IV and figure 13 provide the local-flow-angle gradient across the proposed 
ramjet inlet (see p. 10). This gradient varies from 0. 3° at M = 4 and a = 0° to 2. 7 
at M = 8 and a - 10°. 


Local Mach Numbers 

Figures 14(a) to 14(c) show local Mach number as obtained from schlieren photo- 
graphs and rake surveys as a function of free-stream Mach number, angle of attack, 
and flow-field position. Theoretical calculated values from reference 28 are shown at 
zero angle of attack. 

At a Mach number of 4 and a = 0° and 10° (fig. 14(a)), the local Mach number pro- 
file is relatively independent of flow-field position. This profile tends to become less 
uniform at an angle of attack of 10° as Mach number increases to 6 (fig. 14(b)) and 8 
(fig. 14(c)). Local Mach numbers obtained with the cone probe and from the static and 
impact pressures agree for M = 4 and 6. The schlieren bow -shock Mach numbers 
appear to be consistent with the other results. Theory agrees with the wind-tunnel 
data at M = 4 but gives higher local Mach numbers at M = 6 and 8. 

In figures 15(a) and 15(b) local Mach numbers are compared as a function of free- 
stream Mach number at a = 0° and 10°. The schlieren and cone data agree at a = 10° 
and show the same rate of change with Mach number at a = 0°. The impact and static - 
pressure data near the model surface are lower than the other data, particularly at 
M = 8, for both angles of attack. Theoretical local Mach number data (ref. 28) across 
the flow field at a = 0° are shown for comparison. The theoretical results agree with 
the experimental results. 

The variation in local Mach number gradient across the proposed ramjet inlet (see 
p. 10) may be determined from table IV and figure 15. This gradient varies from 0. 2 at 
M = 4 and a = 0° to 0. 6 at M = 6 and a = 10°. 


Total -Pres sure Recovery 

Total-pressure-recovery results are compared in figures 16(a) to 16(c) for M = 4, 
6, and 8 at a = 0° and 10°. At a = 0° the results show that as Mach number increases 
from 4 to 8 the variation in total -pressure recovery with respect to z/D increases. 
Theory (ref. 28) and wind-tunnel (schlieren) bow -shock pressure recoveries agree at all 
Mach numbers. The high total -pressure recoveries near the bow shock suggest that the 
bow shock is weak at x/D >7. 37, as expected. Theoretical results agree with the wind- 
tunnel data at M = 4, predict a slightly higher recovery at M = 6, and indicate a much 
higher recovery at M = 8. This pronounced difference in total recovery is thought to 
result from internal shock effects resulting from the side fairings at M = 8, which 


11 



theory (ref. 28) does not account for. This effect is also noted in figures 10(c) and 
10(d) and 14(b) and 14(c) for Mach numbers of 6 and 8. 

At a - 10° (figs. 16(a) to 16(c)) the wind-tunnel data show generally the same 
trends with increasing Mach number as do the zero angle -of-attack data. The bow 
shock lies much closer to the model surface and is stronger, particularly at M = 8, 
as shown by the lower bow-shock recoveries , than at a = 0° at M = 4, 6, and 8. 

The total -pressure -recovery plots of figure 16 make it possible to estimate the 
local Mach number at M = 8 at the approximate inlet centerline location (x/D ^ 7. 77 
and z/D - 0. 4) of the ramjet engine that is to be tested on the X-15 airplane. A line 
was faired through the data points at M = 8 in figure 16(c), the total -pressure re- 
covery at z/D = 0.4 was determined, and the local Mach number was calculated for 
use in figure 15. 


Mass -Flow Ratio 

Inlets tend to be located aft on the undersides of proposed advanced hypersonic 
aircraft in order to take advantage of the vehicle compression effect and to reduce hot 
jet -exhaust impingement problems. Determining the actual three-dimensional real- 
gas mass flows through the inlet is a formidable and time-consuming task for these 
inlet locations. 

One simple approach commonly used to estimate inlet mass flows quickly is to 
assume that the inlet is located beneath a flat wedge (see following sketch). An ideal 
gas and a typical aircraft trajectory are also assumed. The trajectory provides the 
aircraft velocity, ambient density (from the altitude), and angle of attack. From the 


Flow 



flow -field geometry that results from these assumptions and from the trajectory data, 
the inlet mass flows may be estimated quickly by using the following equation: 

•^oo _ sin $_ _ 

A i sin(0-G!) moo 
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where 

= mass flow through inlet in flow field of wedge 
= free -stream capture mass flow 

It is of interest to compare the ideal mass flow based on this two-dimensional 
oblique -shock assumption with wind-tunnel results for the X-15 airplane. For the 
proposed ramjet inlet (see p. 10), the inlet mass-flow ratios for M = 4, 6, and 8 at 
a = 0° and 10° were calculated by using (1) the two-dimensional flow -field assump- 
tions and (2) the X-15 wind-tunnel local Mach numbers and total -pressure recoveries 
(figs. 15 and 16). An ideal gas was assumed for both cases. A comparison of these 
results is shown in figure 17. At both angles of attack over the entire Mach number 
range, the two-dimensional oblique-shock assumption predicts a larger mass -flow 
ratio than the X-15 wind-tunnel data. At zero angle of attack this effect suggests that 
an expansion instead of a compression occurs for the experimental data when free- 
stream conditions are compared to local flow conditions.- This result correlates with 
the a = 0° data shown in figure 8. 

Another means of comparing the results is to plot the percentage difference betw.een 
the two-dimensional oblique shock and the mass flow from the X-15 flow -field data. 

The vertical lines on figure 17 show the percentage mass flow overpredicted by the 
two-dimensional mass-flow assumption, as obtained by using the following expression: 



At oi = 10 ° , the data indicate that the two-dimensional assumption overpredicts the 
X-15 data mass flow by 27 percent to 43 percent in the M = 4 to 8 range. At o> = 0° 
there is a slight overprediction at M = 4 and a 17 -percent overprediction at M = 8. 


CONCLUSIONS 


Analysis of the wind-tunnel, flight, and theoretical results used to investigate the 
flow field beneath the fuselage of the X-15 airplane led to the following conclusions: 

1. Typical flow-field gradients across the proposed hypersonic ramjet engine inlet 
are local Mach number variations from 0. 2 (Mach number of 4 and angle of attack of 0°) 
to 0. 6 (Mach number of 6 and angle of attack of 10°); impact -pressure-ratio variations 
from 0. 05 (Mach number of 4 and angle of attack of 0°) to 0. 18 (Mach number of 8 and 
angle of attack of 10°); and local -flow -angle variations from 0. 3° (Mach number of 4 
and angle of attack of 0°) to 2. 7° (Mach number of 8 and angle of attack of 10°). 

2. The lower -centerline surface static-pressure ratio changed little beyond 

3. 5 diameters from the nose (end of nose curvature) for a fixed angle of attack at any 
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Mach number covered. At zero angle of attack, however, the local static pressure 
was less than the free -stream static pressure, which indicates that an overall expan- 
sion has occurred from free stream to the local condition. 

3. At an angle of attack of 0°, the theoretical results agreed with the surface 
static -pressure ratio, impact -pressure ratio, bow -shock location, flow angularity, 
and local Mach number wind-tunnel results. Flight -test static -pressure and impact- 
pressure results also agreed with the wind-tunnel results. 

4. Use of a two-dimensional oblique-shock-wave assumption for the X-15 airplane 
was found to overpredict the mass flow through the proposed inlet (by 27 to 43 percent 
at an angle of attack of 10° and by as much as 17 percent at an angle of attack of 0°) 
when compared with wind-tunnel results, particularly at high Mach number and angle 
of attack. 


Flight Research Center 

National Aeronautics and Space Administration 
Edwards, Calif. , July 28, 1967 
729-00-00-01-24 
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COORDINATES FOR SHOCK SI 


[See figure 


x/D 

z/D 

x/D 


0 

-0. 43 

3.93 

.36 

-.25 

4.28 

.71 

-.08 

4.64 

1.07 

.07 

5.00 

1.43 

.23 

5. 36 

1.79 

.39 

6.25 

2.68 

.78 

7. 14 

3.57 

1.16 

8.03 

4. 46 

1.54 

8.93 

5.36 

1.90 

9.82 

7.14 

2.62 

10.35 

8.93 

3.34 


10.71 

4.06 



Side fairing 


0 

. 13 
.25 
. 38 
.51 
.84 
1. 18 
1.48 
1. 80 
2.13 
2.33 


0 


.36 


.71 

-. 16 

1.07 

-.04 

1.43 

.07 

1.79 

.20 

2.68 

.46 

3.57 

.73 

4.46 

.99 

5.36 

1.21 

7.14 

1.63 

8.93 

1.98 


3.82 

0 

3.93 

.02 

4.28 

. 14 

4. 64 

.21 

5.00 

.36 

5.36 

. 45 

6.25 

. 68 

7. 14 

.91 

7.85 

1.08 




































TABLE I. — Continued 


COORDINATES FOR SHOCK SYSTEM FROM SCHLIEREN PHOTOGRAPHS 
[See figure 7 for definition of axes] 

(b) M = 4 


trailing: edge 


x/D z/D 


9.46 
9.64 
10. 00 
10.35 
10.71 
11.07 
11. 42 
11. 78 


Bow 

Side fairing 

Wing 

leading edge 

Skid 

x/D 

z/D 

x/D 

z/D 

x/D 

z/D 

x/D 

z/D 


0 

-0.43 

.36 

-.29 

,71 

-. 14 

1.07 

0 

1.43 

. 13 

1.79 

.25 

2. 68 

, 55 

3.57 

. 84 

4.46 

1. 14 

5.36 

1.42 

6.25 

1. 70 

7. 14 

1.97 

8.03 

2.25 

8 . 93 

2. 54 


0 

-0.41 

,36 

-.29 

. 71 

-. 19 

1.79 

. 13 

2.68 

. 37 

5.36 

, 95 

7. 14 

1.24 

8.93 

1.53 


a = 0 ° 


3.75 
4. 11 
4.47 
5.36 
6.25 
7. 15 
8.04 
8.93 


6.83 

0 

7.75 

0 

7. 14 

.08 

7.85 

.09 

7.50 

.20 

8.03 

.16 

7.85 

. 30 

8.21 

.25 

8.21 

.45 

8.39 

.32 

8.57 

. 52 

8.57 

.38 

8.93 

.63 

8.75 

, 46 

9.28 

.72 

8.93 

. 51 

9.64 

.84 

9.10 

.58 

10.00 

.95 

9.28 

. 64 

10.35 

1.05 

9.46 

.71 

10.71 

1.16 


— 

11.07 

1. 27 

— 

— 

11. 42 

1.38 

■ : 


a - 

= 10° 



7.15 

0 

7.82 

0 

7.32 

.05 

<1 

00 

05 

.02 

7.68 

. 13 

8.22 

.20 

8.04 

.22 

8.58 

.34 

8 . 93 

.38 

8. 93 

.48 

9.82 | 

.64 

9.82 

10.72 

.79 

1.07 

~~ — — 

_ 

: 

— 


— 


9.57 
9.65 
9.82 
10.00 
10. 17 
10.36 
10.72 







































TABLE I. — Continued 


COORDINATES FOR SHOCK SYSTEM FROM SCHLIEREN PHOTOGRAPHS 
[See figure 7 for definition of axes] 

(c) M = 4. 65 


Bow 


x/D z/D 


Side fairing 

Wing 

leading edge 

Skid 

Wing 

trailing edge 

x/D 

z/D 

x/D 

z/D 

x/D 

z/D 

x/D 

z/D 


a = 0 ° 



0 


36 


71 

1 . 

07 

1 . 

43 

2. 

21 

2. 

68 

3. 

57 

4. 

46 

5. 

36 

6. 

25 

8. 

03 

9. 

82 


4.26 

0 

4. 64 

.09 

5.00 

.18 

5.36 

.27 

6.25 

.48 

7.14 

.70 

8.03 

.91 

8.93 

1. 13 

9.82 

1.34 

10. 35 

1.46 


7.00 

0 

7.14 

.03 

7.50 

.13 

7.85 

.22 

8.21 

. 38 

8.57 

.44 

8.93 

.54 

9.28 

.63 

9.64 

.71 

10. 00 

.77 

10.35 

.91 

10.71 

1.00 

11.07 

1.09 

a = 

10° 

6.98 

0 

7.14 

.04 

7.50 

. 11 

7.85 

.19 

8.21 

.27 

8.57 

.35 

8.93 

.41 

9.28 

. 49 

9.64 

.57 

10.00 

.64 

10.35 

.72 


7. 80 

0 

7. 85 

.05 

8.03 

.16 

8.21 

. 23 

8. 39 

.30 

8. 57 

. 37 

8.75 

.43 

8. 93 

. 47 

9. 10 

. 53 

9.28 

.58 

9.46 

.64 

— 

— 


7.82 
7.86 
8. 22 
8.58 
8.93 

9.82 
10. 72 


9.51 

0 

9. 64 

.03 

9. 82 

.07 

10.00 

. 13 

10.18 

. 16 

10.35 

.21 

10. 53 

.25 

10.71 

.30 

10.89 

.34 

11.07 

.38 

11.25 

.43 

11.42 

.46 

11.60 

. 50 


9.82 

0 

10.00 

.04 

10.17 

.09 

10.36 

.14 

10.72 

.21 
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TABLE I. — Continued 


COORDINATES FOR SHOCK SYSTEM FROM SCHLIEREN PHOTOGRAPHS 
[See figure 7 for definition of axes] 

(d) M = 6. 6 


Bow 

Side f airing 

Wing 

leading edge 

Wing 

trailing edge 

x/D 

z/D 

x/D 

z/D 

x/D 

z/D 

x/D 

z/D 


0 

.36 
.71 
1.07 
1. 43 

1. 79 

2. 68 

3.57 

4. 46 

5. 36 
6.25 
7. 14 
8.93 

10.39 


a = 0 ° 


7. 19 
7. 50 
7.85 
8.21 
8.53 
8.93 
9.28 
9, 64 
10.00 
10.35 
10.71 
11. 07 
11.53 
11.78 


a = 10 ° 


9. 39 
9.64 
10. 00 
10.35 
10.71 
11.07 
11.42 
11.78 
12. 14 





























TABLE I. — Concluded 


COORDINATES FOR SHOCK SYSTEM FROM SCHLIEREN PHOTOGRAPHS 


[See figure 7 for definition of axes] 
(e) M = 8 






Wing 

Wing 

| Bow 

Side fairing 

leading edge 

trailing edge 

x/D 

z/D 

x/D 

z/D 

x/D 

z/D 

x/D 

z/D 




Cl = 

0° 




0 

-0.41 

4.84 

0 

7.32 

0 

9. 10 

0 

.36 

-.25 

5.00 

.02 

7.50 

.04 

9.28 

.04 

.71 

-. 19 

5.36 

.07 

7. 85 

. 11 

9.64 

. 13 

1.07 

0 

5.71 

.13 

8.21 

. 18 

10.00 

.21 

1.43 

.11 

6.07 

.19 

8.57 

.26 

10.35 

. 30 

1.79 

.21 

6.43 

.25 

8. 93 

.34 

10.71 

.34 

2.68 

.42 

6.78 

.30 

9.28 

.41 

11.07 

.39 

3. 57 

.63 

7.14 

.37 

9. 64 

.48 

11.42 

.45 

4.46 

.80 

8.03 

.50 

10. 00 

.55 

11.78 

. 50 

5.36 

.96 

8.93 

.64 

10.35 

.63 


— 

6.25 

1.13 

9.82 

.78 

10.71 

.71 



7. 14 

1.29 

10.71 

,91 

11.07 

.79 


— 

8.93 

1.61 


— 

11.42 

.86 


— 




a = 

10° 




0 

1.79 

-0.39 1 
. 13 







3.57 

.39 


— 


— 


— 

5.36 

.55 


— 


— 


— 

7.14 

.66 


— 


— 


— 

8.95 

.73 


— 


— — 




















































TABLE II. - Continued 


AEDC RAKE SURVEY RESULTS 
(c) M = 4; a = 10° 



L Different z/D for p. 4 /p ioo and Pjg/P ioo explained on page 8, 





















TABLE H. - Continued 
AEDC RAKE SURVEY RESULTS 


(e) M = 6; a = 0° 


z/D 

Pil/^ioo 

P i2/Pi» 

P i3/ P it» j 

z/D 

(a) 

P i4/ P ico 

P i5/ P ioo 

x/D = 5.36 | 

0 

0.034 

0.019 

0.086 

-0.134 

0.357 

0.905 

.059 

.200 

.730 

.824 

075 

. 139 

.914 

. 086 

.776 

.730 

.934 

-. 048 

.272 

.917 

. 100 

.902 

. 864 

.931 

-.034 

.676 

.920 

.123 

.923 

.909 

.913 

-.011 

.904 

.925 

. 149 

.902 

.891 

.894 

.015 

.911 

.930 

. 178 

.887 

.874 

.886 

.044 

.911 

.938 

.217 

.891 

. 872 

.886 | 

.083 

.904 

.949 

.258 

.898 

.881 

.899 

.124 

.895 

.943 

.286 

.907 

.890 

.909 

. 152 

.901 

.932 

.352 

.940 

a 

.941 

.218 

.924 

.946 

.418 

.965 

■ 

. 970 

.284 

.946 

.989 

.486 

1.000 

KE» 

1.014 

.352 

.984 

1.043 

.532 

1.031 

1. 129 

1.038 

.398 

1.015 

1.077 

.564 

1.063 

1.129 

1. 067 

.430 

1. 043 

1.095 

.599 

1.088 

1.131 

1.094 

.465 

1.062 

1.107 

.665 

1.159 

1. 134 

1.157 

.531 

1.095 

1. 148 

.733 

1.215 

1. 189 

1.213 

.599 

1. 157 

1.200 

.798 

1.269 

1.243 

1.264 

.664 

1.211 

1.246 

. 867 

1.316 

1.292 

1.307 

.733 

1.261 

1.296 

.935 

1. 344 

1.326 

1. 337 

.801 

1.312 

1.335 

.991 

1.268 

1.328 

1.329 

.857 

1.344 

1.356 

1.017 

.961 

.947 

.959 

.883 

1. 351 

1.357 

| x/D « 6. 43 j 

0 

0.030 

0. 733 

0.077 

-0.134 

0.643 

0. 891 

.064 

.062 

.733 

.685 

-.070 

.260 

. 916 

.086 

.609 

.733 

.901 

-. 048 

.241 

.954 

.098 

. 831 

.741 

.903 

-.036 

.267 

,968 

. 109 

.889 

.853 

.896 

-. 025 

.356 

.984 

. 121 

.898 

.880 

.895 

-.013 

.468 

.991 

.148 

.887 

.875 

.892 

.014 

. 850 

.927 

. 170 

.884 

.872 

.891 

.036 

.894 

.904 

.237 

.884 

.873 

.888 

.103 

.914 

,908 

.282 

.888 

.878 

. 892 

. 148 

.911 

.921 

.326 

.893 

.883 

.898 

. 192 

.919 

.935 

.374 

.899 

.885 

.904 

.240 

.925 

.950 

.417 

.910 

.894 

.907 

.283 

.925 

.958 

.463 

.921 

.904 

.920 

.329 

.915 

.951 

.518 

.940 

.923 

.941 

.384 

.924 

.942 

.575 

.963 

.946 

.962 

.441 

.941 

.960 

.630 

.977 

.961 

.979 

.496 

.958 

.980 

.687 

.999 

.982 

1.006 

.553 

.980 

1.007 

.776 

1.053 

1.030 

1.053 

.642 

1.026 

1.063 

.844 

1. 099 

1.076 

1.096 

.710 

1, 057 

1.088 

.912 

1. 152 

1. 126 

1. 147 

.778 

1.094 

1. 127 

.979 

1. 194 

1. 172 

1. 189 

. 845 

1. 141 

1. 171 

1.033 

1.227 

1.205 

1.220 

.899 

1. 176 

1.202 


z/D 

p il/ p ioo 

p i2/ P ioo 

p i3/ p ico 

z/D 

(a) 

p i4/ p i°c 

P ls/ P ico 

x/D = 7. 37 j 

0 

0.045 

0.735 

0. 171 

-0.134 

0.700 

0.886 

.051 

.117 

.736 

.407 

-.083 

.547 

.916 

.098 

.782 

.738 

.882 

-.036 

.396 

.919 

. 105 

.854 

.775 

.881 

-.029 

.406 

.919 

. 115 

.885 

.847 

.881 

-.019 

.436 

.920 

.131 

.884 

.869 

.881 

~. 003 

.510 

.919 

.181 

.881 

.868 

.888 

.047 

.869 

.905 

.193 

.883 

.873 

.892 

.059 

.898 

.904 

.260 

. 886 

.879 

.901 

.126 

.914 

.947 

.328 

. 897 

.884 

.909 

. 194 

.912 

.928 

.428 

.907 

.899 

.911 

.294 

.934 

.943 

.509 

.915 

.905 

.919 

.375 

.949 

.960 

.574 

.926 

.913 

.925 

.440 

.950 

.970 

.597 

,929 

.918 

.927 

.463 

.935 

.966 

.642 

. 939 

.927 

.939 

.508 

.937 

.948 

.710 

. 964 , , 

.949 

.963 

.575 

.953 

.962 

.777 

.981 

.969 

.982 

.643 

.968 

.979 

. 845 

1.003 

.989 

1. 005 

.711 

.991 

1.005 

.910 

1.031 

1.016 

1.032 

,776 

1.015 

1.036 

.979 

1.070 

1.055 

1,069 

.845 

1. 046 

1.068 

1. 029 

1. 100 

1.083 

1.098 

.895 

1.062 

1. 081 

| x/D = 7. 77 | 

0 

0.036 

0.037 

0.227 

-0.134 

0.714 

0.910 

.042 

.033 

.042 

.314 

-.092 

.752 

.919 

.065 

.046 

.061 

.516 

-.069 

.581 

.911 

.087 

.337 

.231 

.835 

-. 047 

.476 

.886 

. 118 

.915 

.875 

.896 

-.016 

.488 

. 891 

. 141 

.906 

.901 

.891 

.007 

.572 

.911 

. 164 

.889 

.888 

.889 

.030 

.734 

.907 

.208 

.885 

.882 

.890 

.074 

.900 

.912 

.253 

. 887 

.884 

.898 

. 119 

.906 

.908 

.327 

.892 

.893 

.909 

. 193 

.925 

.928 

.384 

.900 

.897 

.915 

.250 

.925 

.955 

.474 

.913 

.904 

.922 

. 340 

.944 

.940 

.564 

. 921 

.918 

.924 

.430 

.953 

.954 

.628 

.926 

.918 

.933 

,494 

.966 

.969 

.656 

. 931 

.924 

.933 

.522 

.962 

.974 

.735 

.949 

.939 

.951 

. 601 

.949 

.952 

.786 

.968 

.956 

.968 

.652 

.960 

.959 

.856 

.986 

.978 

.988 

.722 

.977 

.979 

.939 

1.008 

.996 

1.013 

.805 

.998 

1.005 

.998 

1.031 

1.017 

1.032 

.864 

1.016 

1.029 

1.028 

1.048 

1.032 

1.046 

.894 

1.028 

1.044 

1.033 

1.051 

1.036 

1.049 

.899 

1.031 

1. 047 


^Different z/D for Pj 4 /P ioo and P i5 /P ioo explained on page 8. 
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TABLE EL “ Continued 
AEDC RAKE SURVEY RESULTS 
(m) M = 8; a - 2.0.0° 


p i2/ p ioo I p i3/ p ico 
x/D = 6. 16 


0 

0.890 

2.671 

2.229 

2.886 

. 012 

2.709 

2. 595 

2.703 

2. 931 

,023 

2. 556 

2.724 

2.729 

2. 967 

.034 

2. 691 

2.862 

2. 766 

3.076 

.045 

2. 815 

2. 916 

2. 837 

3.057 

.057 

2.873 

2,930 

2. 879 

3.086 

.068 

2.895 

3.011 

2. 952 

3. 109 

.079 

2.946 

3.052 

3.038 

3. 124 

.090 

3.007 

3.108 

3. 100 

3.117 

. 101 

3. 054 

3, 165 

3. 145 

3.053 

. 112 

3. 101 

3.217 

3.183 

3. 059 

.124 

3. 156 

3.268 

3.236 

3.051 

.146 

3.227 

3.339 

3.263 

3. 069 

.169 

3. 255 

3.333 

3. 243 

3.067 

.191 

3.222 

3.314 

3,207 

.958 

.214 

3. 186 

3.267 

3.209 

.934 

.236 

3. 178 

3.265 

3.171 

.936 

.259 

3. 132 

3.219 

.959 

.938 

.256 

2.799 

.962 

. 903 

.938 

.286 

.915 

. 942 

.904 

.938 

x/D = 6. 96 


0 

0.858 

2.971 

2.768 

3. 225 

.023 

2. 705 

2,918 

2. 954 

3.250 

, 034 

2. 854 

2.982 

3.093 

3.239 

.045 

2.976 

3.093 

3.174 

3.273 

.057 

3. 018 

3. 128 

3.201 

3. 249 

.068 

3.079 

3.289 

3.251 

3.257 

.079 

3.238 

3.345 

3. 352 

3.251 

.090 

3.287 

3.389 

3.392 

3.242 

. 102 

3.335 

3.440 

3.393 

3.227 

. 113 

3.372 

3. 495 

3.387 

3.222 

.124 

3.412 

3. 497 

3.397 

3. 198 

.135 

3. 417 

3.488 

3. 395 

3. 185 

.157 

3. 409 

3.492 

3. 426 

3.216 

.180 

3. 417 

3. 488 

3. 356 

3. 313' 

. 203 

3. 368 

3. 411 

3.301 

.934 

.225 

3.281 

3.339 

3.239 

.935 

.247 

3.224 

3. 267 

3. 172 

.936 

.290 

.893 

.944 

. 904 

.937 

x/D — 7.77 

0 

1. 125 

3. 161 

2.966 

3.272 

.023 

2. 975 

3.071 

3. 183 

3. 314 

.034 

3. 062 

3.153 

3.277 

3.326 

.045 

3. 138 

3.262 

3.369 

3. 322 

.056 

3.243 

3. 367 

3 . 40 6 

3. 332 

.079 

3.425 

3. 505 

3.411 

3.363 

.090 

3. 429 

3.516 

3.412 

3.318 

. 101 

3.425 

3.531 

3.442 

3.283 

. 113 

3.450 

3, 526 

3.441 

3. 279 

. 124 

3. 455 

3.548 

3.437 

3. 271 

.136 

3. 464 

3.544 

3.411 

3.252 

. 146 

3.452 

3.493 

3.411 

3.243 

.158 

3. 415 

3.488 

3.409 

3.244 

. 180 

3. 384 

3.469 

3.439 

3.223 

.203 

3.411 

3.473 

3. 319 

3.308 

.225 

3.335 

3.356 

3.294 

3.308 

.248 

3. 255 

3.309 

3. 236 

3. 143 

.258 

3.225 

3.278 

3.219 

.936 

.281 

3. 176 

2. 497 

.907 

.935 

.298 

.968 

.946 

.904 

.934 




z/D 

Pil/Pioo’l 

z/D 

1 

8 

z/D 

P i3/P io0 > 


o 

ii 

Q 


y/D = 0.401 1 


y/D = 0. 804 



a = 0 

V x/D = 6. 16 



0.003 

0. 085 

-0. 202 

0.361 

-0. 426 

0.180 

.009 

.095 

-. 196 

.566 

420 

.348 

.023 

. 112 

-. 182 

.749 

-. 406 

.624 

.043 

. 154 

225 

.810 

-. 386 

.798 

.083 

.722 

122 

.754 

-.346 

.928 

.137 

.935 

-.068 

.806 

-.292 

1.069 

.143 

.938 

-. 062 

.828 

-.286 

1. 101 

.157 

.941 

048 

.868 

-.272 

1.125 

. 177 

.945 

-.028 

.910 

-.252 

1.062 

.217 

.948 

-.012 

.932 

-.214 

.906 

.271 

1. 052 

.066 

,932 

-. 158 

.906 

. 405 

.950 

.200 

. 952 

-.024 

.942 

.672 

.967 

.467 

.934 

. 243 

.964 

.806 

1.010 

.601 

.968 

.377 

1. 024 

1.074 

1. 118 

.889 

1.045 

.645 

1. 044 

1. 208 
1.361 

1.186 
1. 252 

1. 003 

1.128 

.779 

1. 106 





1.445 

1. 002 







a ~ O' 

, x/D = 7. 77 



0.003 

0.093 

-0.202 

0.248 

-0, 426 

0. 131 

.009 

.158 

-. 196 

.316 

-. 420 

.177 

.023 

.231 

-.182 

.385 

-. 406 

.226 

. 043 

. 301 

-.225 

.512 

-. 381 

.336 

.083 

.422 

-. 122 

.804 

-. 346 

.666 

. 137 

.905 

-. 068 

.902 

-.292 

.760 

.143 

.924 

-.062 

.905 

-.286 

.764 

.157 

.942 

-.048 

. 907 

-. 272 

. 785 

. 177 

.941 

-.028 

.916 

-.252 

.806 

.217 

. 956 

-.012 

. 949 

-.214 

.838 

.271 

.947 

,066 

.942 

158 

. 849 

.405 

.964 

,200 

.955 

-.024 

.990 

.672 

. 959 

.467 

.944 

.243 

.912 

.806 

.956 

.601 

.978 

.377 

.951 

1.074 

.975 

.869 

.946 

.645 

.967 

1.208 

1.476 

1.009 
1. 086 

1.003 

.992 

.779 






1.610 

1. 368 





1. 824 

1. 194 





1.958 

.997 







a = 5' 

\ x/D = 6. 16 



0.003 






.009 

. 142 





.043 

1.073 





.083 

1.063 





.137 

1. 083 





.137 

1.083 





.143 

1.084 





.177 

1. 088 


No data available 


.217 

1.094 





.271 

1.090 





. 405 

1. 080 





. 672 

1. 125 





. 806 

1.211 





1.061 

1.351 





1.195 

1.000 






a = 5°, x/D = 7. 77 


0. 003 

0. 138 

.009 

.409 

.023 

.829 

.043 

1. 048 

.083 

1.084 

. 137 

1.104 

. 143 

1. 104 

. 157 

1.108 

.177 

1. 110 

.217 

1. Ill 

.271 

1. Ill 

.405 

1. 122 

.672 

1.109 

.806 

1.081 

1.024 

1. 156 

1.208 

1.226 

1.382 

1.298 

1.516 

1. 002 


No data available 





















z/D 

p il/ p ioo’ 

z/D 

p i2/Pioo’ 

z/D 

p i3/ p i«>’ 


y/D « 0 


y/D = 0.401 


y/D =0.804 

o' = 10°, x/D = 6. 16 | 

0.003 

0.127 

-0.202 

0. 391 

-0.426 

0. 306 

.009 

.129 

196 

.490 

-.420 

1. 022 

.023 

1. 309 

-.182 

. 602 

-. 406 

.540 

.043 

1.226 

-. 225 

.815 

-.386 

.741 

.083 

1.254 

122 

1. 242 

346 

1. 536 

.137 

1.274 

-. 068 

1.331 

-.292 

1. 240 

.143 

1.273 

-.062 

1.334 

-. 286 

1.246 

. 157 

1. 275 

048 

1. 339 

-.272 

1. 255 

. 177 

1. 278 

028 

1.339 

-.252 

1.266 

.217 

1.277 

-.012 

1.357 

-.214 

1.280 

.271 

1.270 

.066 

1.347 

158 

1. 282 

.405 

1.249 

.200 

1.360 

-.024 

1. 347 

.672 

1. 320 

. 467 

1. 292 

. 243 

1.325 

.806 

.812 

1. 419 
1. 412 

. 601 

1. 390 

. 377 

1.286 





.946 

.996 





, a = 10% x/D = 7. 77 ] 

0.003 

0. 129 

-0. 202 

0. 331 

-0.426 

0.239 

.009 

.416 

196 

.401 

-.420 

.541 

.023 

1. 270 

-. 182 

.505 

-.406 

1.041 

.043 

1.270 

-. 225 

.707 

-.386 

1. 026 

.083 

1. 290 

-. 122 

1. 191 

-.346 

1. 158 

.137 

1. 307 

-.068 

1.350 

-.292 


.143 

1.309 

-.062 

1. 346 

-.286 


. 157 

1.316 

-. 048 

1. 337 

-. 272 


. 177 

1.322 

-.028 

1.331 

-.252 

! 1. 440 

.217 

1.325 

-.012 

1. 325 

-. 212 


.271 

1. 32 9 

.066 

1.326 

-.158 

■ 

.405 

1.336 

.200 

1. 384 

-.024 


.672 

1.252 

.467 


.243 

1. 352 

.806 

.812 

1. 269 
1.348 

... 601 

1. 305 

.377 

1.394 





.946 

1.999 





| a = 20% x/D = 6. 16 

0.003 

0.283 





.009 

1. 838 





.023 

1.976 





.043 

2. 023 





.083 

2.076 





. 137 

2. 127 





. 143 

2. 136 


No data available 


. 157 

2.150 





. 177 

2. 160 





.217 

2. 167 





.271 

2. 158 





.407 

2.115 





.485 

2.053 





.619 

1.000 






a = 20% x/D = 7. 77 


0.003 

0.283 

.009 

1. 805 

.023 

1. 813 

.043 

1.864 

.083 

1. 943 

. 137 

1. 999 

.143 

2.000 

. 157 

2.004 

. 177 

2. Oil 

.217 

2.026 

.271 

2. 013 

.405 

2.000 

.445 

1.982 

.579 

1. 000 


No data available 























































































































































































































































































TABLE IV. - Continued 
AEDC CONE SURVEY RESULTS 
<q) M = 6; a = 5. 0°; y/D = 0. 536 


z/D 

PiZ/Pioo 

M i 

XT, deg 

c, deg 

x/D = 6. 43 

0.245 

1,142 

5.32 

-1.58 

2.93 

. 302 

1. 172 

5.43 

-1.41 

2. 83 

. 357 

1. 188 

5.46 


2.78 

.413 

1. 182 

5. 36 


2. 74 

.468 

1. 175 

5. 40 

-1.37 

2.95 

.525 

1.175 

5.43 

-1.06 

3.20 

.581 

1. 174 

5. 48 

-.87 

3.36 

, 638 

1. 172 

5.43 

-.80 

3.49 

.694 

1.213 

5.66 

-. 69 

3.59 

.749 

1.265 

5.77 

-.73 

3.35 

.806 

1. 319 

5.74 

-.82 

2.98 

.918 

1.413 

5.65 

-1.03 

2.28 

.975 

1.464 

5.70 

99 

2.00 

1.031 

1.491 

5.49 

-1.08 

1,58 

1.086 

1. 483 

5. 88 

-1.31 

2.64 

x/D = 7. 37 

0. 171 

1. 144 

5. 12 

K 1 " !■ 


.274 

1. 151 

5.33 



.350 

1. 154 

5.31 



.396 

1. 165 

5.38 

B 1 i 


.452 

1. 182 

5.47 

-1,20 

2.97 

.507 

1. 196 

5.43 

-1.03 

3.03 

. 565 

1. 192 

5.35 

-1. 02 

2.94 

. 620 


5.36 

-1.07 

3.09 

.679 


5.40 

-.97 

3.29 

.733 


5.47 

-.81 

3.45 

.788 


5.42 

-.81 

3.61 

.844 


5.70 

-. 70 

3.74 

.901 


5.79 

-.71 

3. 52 

.957 

1.295 

5.78 

-. 84 

3.18 

1.016 

1,339 

5.79 

-1.01 

2.90 
































z/D 


cr, deg 


€ , deg 


z/D 

■PjU/P i°o 

o', deg e, deg 


x/D = 

6.16 


0. 202 



-0.43 

.248 


47 

-.41 

.292 

.867 

-.48 

44 

.337 

. 885 

-.41 

-.42 

.382 

.918 

-.40 

-.59 

.439 

.923 

-.31 

-.74 

.494 

1.052 

-. 31 

-. 49 

.551 

1. 014 

38 

-1. 90 

.606 

1.061 

-.31 

-1. 18 

.674 

1. 136 

22 

-1.45 

.742 

1.234 

-.20 

-1.80 

.809 

1.328 

-.24 

-2.31 

1 .877 

1.417 

-.24 

-2.81 

.945 

1.504 

-.08 

-3.32 

1.011 

1. 592 

14 

-4.36 

1.017 

1.605 

-.05 

-4.49 


x/D = 

6.96 


0. 247 

0. 864 

-0.64 

-0. 52 

.293 

.853 

50 

-. 69 

.336 

.861 

35 

-.37 

.382 

. 876 

-.31 

-.32 

.438 

.905 

-.31 

-. 44 

.494 

.929 

-. 30 

-.63 

.551 

.922 

-28 

-.77 

.606 

1.018 

18 

-.28 

.675 

1. 025 

-.20 

-1.50 

.742 

1.079 

-.09 

-1. 13 

.808 

1. 143 

13 

-1. 44 

.877 

1.216 

-. 18 

-1. 87 

.944 

1.296 

-.05 

-2. 28 

1. Oil 

1. 368 

-. 07 

-2.73 

1. 072 

1. 444 

.26 

-3.06 


x/D = 

7.37 


0.236 

0. 843 

-0.34 

0.20 

.287 

. 893 

45 

-.25 

.325 

.864 

-.61 

-.78 

.408 

.873 

38 

-. 36 

.442 

.884 

-.38 

34 

.495 

. 906 

-.30 

-.41 

.551 

. 934 

30 

-.54 

.607 

.932 

-.26 

-.72 

.664 

1. 019 

-.20 

-.31 

.720 

1.021 

43 

-1. 19 

.776 

1.056 

-.19 

-1.15 

.834 

1.101 

-. 16 

-1. 30 

.889 

1. 151 

-.21 

-1.59 

.945 

1. 208 

-.15 


1.006 

1. 280 

-.09 


1.056 

1.336 

11 


1.072 

1.354 

. 14 

-2.62 





































































































































Two-probe rake 
(LRC) 



Instrumentation and model details. 








Figure 3. — Model installation in the AEDC von Karman 
Gas Dynamics Facility Tunnel A. 
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6 1 


Figure 4, — Typical JPL schlieren photographs (one -fiftieth -sc ale model). 
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(c) M = 6. 
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Figure 9. - Concluded. 
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(a) M = 4. 

Downstream view 



.6 ,8 1.0 1.2 1.4 1.0 1.2 1.4 1.6 1.8 2.0 

Pi i/Pjoo Pj i/Pjoo 


(b) M = 4. 65 



Figure 10. — Variation of the impact -pressur 
downstream survey station. 


y/D x/D 

0 7.77 
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y/D x/D 
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y/D 
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.8 1.0 1.2 1.4 1.6 .8 1.0 1.2 1.4 1.6 1.8 2.0 
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(c) M = 6. 




.8 1.0 1.2 1.4 1.6 
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y/D 
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— 0 
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(d) m = 8. 


Figure 10.— Concluded. 
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202 -4 -2 0 24 6 

o, deg o, deg 


(a) M = 4. 

Figure 13. — Flow angles. 








£, deg 


e, deg 



x/D y/D 
a 5.36 0 
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Figure 13. — Continued. 
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(c) M = 8. 

Figure 13. — Concluded. 







(a) M = 4. 

Figure 14.— Comparisons of local Mach number obtained 
from schlieren photographs and rake and cone surveys 
at y/D = 0. 
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Figure 14. — Concluded. 
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(c) M = 8. 

Figure 16. — Comparison of total-pressure 
recoveries. y/D = 0. 
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Figure 17. — Comparison of mass-flow ratios obtained from two- 
dimensional assumption and X-15 wind-tunnel data. 
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